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Numerical Simulation of an F-16A at Angle of Attack

G. W. Huband,* J. S. Shang,| and M. J. AftosmisJ
Wright Research and Development Center, Wright-Patterson Air Force Base, Ohio 45433

The transonic flowfield around an F-16A fighter configuration at a moderate incidence angle is simulated by
solving the Navier-Stokes equations on a single-block grid. The numerical solution matches experimental
freestream conditions with a Mach number of 0.85, 16-deg angle of attack, and a characteristic Reynolds number
of 12.75 million. MacCormack's explicit algorithm is used in conjunction with a local time step and consecutive
mesh refinement procedure to accelerate numerical convergence. The Baldwin-Lomax algebraic model provides
turbulent closure. Computed surface pressure distributions and the aircraft lift coefficient compare favorably with
wind tunnel data. The drag coefficient in the simulation overpredicts the experimental value by 8%. The analysis
of results details the interactions of the strake vortex and the wing root vortex in an upwash flow. This discussion
also focuses on the importance of grid topology and surface definition hi the computation of flows at high angle of
attack.

Nomenclature
CD = drag coefficient
CL = lift coefficient
Cp = pressure coefficient, [2(p -p^Mp^u2^
S — circumferential arc length around the fuselage
L = turbulent length scale
y = vertical coordinate
z = spanwise coordinate

Introduction

COMPUTATIONAL fluid dynamics now has the capabil-
ity to simulate cruising aircraft in steady motion with

accuracy comparable to that of experiments.1"4 Despite the
success of these calculations, the necessary computing re-
source remains prohibitive for routine design applications.
However, a more serious technological barrier still exists, and
accurate physical modeling of flows at extreme flight condi-
tions remains elusive. Present and future maneuvering aircraft
must operate in an unsteady and vortex dominated flight
regime. This time-dependent environment is highly nonlinear
and cannot be accurately described by sequential static analy-
ses. Numerical simulation of a maneuvering aircraft requires
an interdisciplinary computational aerodynamics (ICA) ap-
proach, which couples aerodynamics, flight dynamics, flight
control, and aeroelasticity. Among the most elusive of the
many scientific issues that remain to be resolved is the ability
to capture the detailed aerodynamic phenomena around an
aircraft at high angle of attack. At the present time, the
numerical resolution required to model unsteady vortex dom-
inated flows remains largely unknown. Moreover, the interac-
tion of vortical structures with turbulence requires further
investigation. This deficiency stems from a lack of recognition
of the importance of vortex interaction in our early basic
research into inviscid-viscous interactions.5"7 A viable ap-
proach to overcome this technical barrier may be derived
from additional engineering applications, which would
provide a broad knowledge base for reassessment.
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A wide array of investigations have examined aerodynamic
configurations at high angle of attack. Recently, Thomas et
al.8 and Schiff et al.9 carried out successful studies of the F-18
forebody. This work alleviated the gridding complication that
results from the large leading-edge wing extensions (LEX) by
using a multiple block grid. At an angle of attack of 30 deg,
the predicted primary and secondary separation lines on the
F-18 forebody compare reasonably well with flight data.8'9
This work shows similar surface shear topologies for both
laminar and turbulent calculations. The main difference in
these distributions lies in the scaling of the separated regions.
This single case, however, does not permit any general conclu-
sions to be drawn for a wider range of incidence angles. This
is especially true in moderate angle of attack cases where
incipient separation may lead to drastic differences between
laminar and turbulent simulations.10'11 In such problems,
laminar-turbulent transition may play a more significant role
than is generally anticipated.

Another major component of many high-performance air-
craft is the delta wing. Often employed as either the basic
planform, wing strake, or LEX, the delta wing generates
controlled vortical flow at positive incidence and is known to
produce intricate aerodynamic phenomena. As angle of attack
increases, these phenomena include both asymmetric vortex
formation, and eventually vortex breakdown.7'12'13 Rizzetta et
al. have obtained Navier-Stokes solutions of delta wings at
angle of attack for Mach numbers of 1.95, 4.0, and 7.0. These
cases produced subsonic, sonic, and supersonic flows normal
to the swept leading edge.14 Laminar and turbulent Navier-
Stokes solutions were generated for the sonic normal Mach
number flow condition. At 10 deg incidence, the laminar and
turbulent solutions demonstrated minimal differences with the
most pronounced disparity lying in the scaling of the vortical
formations.

Solutions of the simplified governing equations have also
been obtained for a variety of slender delta wings at various
Mach numbers.7'15'16 In general, these investigations resulted
in good agreement with surface pressure data and surface and
vortex flow visualization. More recently, Fujii and Schiff
simulated vortical flows over a strake-delta wing at high angle
of attack by solving the three-dimensional thin-layer Navier-
Stokes equations.17 This work included a remarkable series of
vortical flowfield calculations spanning angles of attack from
6 to 40 deg. In this effort, the numerical simulation also
replicated the elusive vortex breakdown phenomena. In spite
of the uncertain effects of turbulence and numerical resolu-
tion, their achievement clearly identifies key features of strong
vortex interaction and breakdown. Despite this, the basic
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issues of numerical accuracy and the role of turbulence re-
main uncertain. An independent and complementary investi-
gation is currently underway to determine the accuracy
required to resolve such intricate, unsteady, aerodynamic
phenomena.18

As a bench mark of technology development, numerical
solutions of the rather complex F-16A fighter (Fig. 1) were
generated by a coordinated effort.2'3 The first solution was
obtained by solving the mass-averaged Navier-Stokes equa-
tions in a single-block H-H grid.2 The other used the thin-
layer, Reynolds-averaged Navier-Stokes equations with a
zonal grid structure.3 These path-finding numerical simula-
tions of complete aircraft at cruising conditions successfully
achieved accuracy comparable to that of wind tunnel data.
The most recent endeavor in this area is due to Vadyak et
al.19 Using the Reynolds-averaged Navier-Stokes equations,
they investigated vortical flowfields around a generic fighter
with a blended strake/swept wing. These results recorded
vortex breakdown in both the numerical and experimental
investigations at 21-deg angle of attack. Their numerical
results provide some unique insights but cannot be used to
draw definitive conclusions for their findings.

The present analysis attempts to add to the existing knowl-
edge base by computing an F-16A configuration at an angle
of attack of 16.04 deg using the mass-averaged Navier-Stokes
equations. By deliberately choosing a demanding flight condi-
tion, this investigation hopes not only to highlight current
simulation capabilities but also to identify future research
topics.

Overview of Simulation
In the present analysis, the numerical method solved the

time-dependent, compressible, three-dimensional, mass-aver-
aged Navier-Stokes equations. In an effort to minimize the
number of arithmetic operations per time step, the system of
equations was cast in chain-rule conservation form and in
generalized coordinates. Following earlier investigations,1'2
the simulation made use of a fully vectorized computer code
based on MacCormack's explicit scheme.20 The fact that this
code has been validated in applications covering a wide range
of aerodynamic phenomena enabled us to focus on the physi-
cal aspects of the F-16A flowfield. The Baldwin-Lomax turbu-
lence model21 used in this investigation contained a simple
length scale modification at body junctions of the fuselage-
wing and the empennage. At such corners the scaling length
in the eddy viscosity formulation was derived from the Buleev
integral, employing the asymptotic form to ensure a smooth
transition of length scales from one intersecting surface to
another.22 With the corner located at y = 0 and z = 0 the
length scale is

L- ^

Fig. 1 Geometry of F-16A showing locations of fuselage pressure
stations.

The system of equations was formally closed by specifying
values of 0.9 for the turbulent Prandtl number by the calor-
ically perfect gas assumption and by Sutherland's law for
molecular viscosity.

The F-16A configuration used in the present analysis corre-
sponds to a one-ninth-scale wind tunnel model, which omitted
minute details (i.e., antennas). In the present investigation,
missile rails, missiles, ventral fin, lip of inlet, and the slots
between the fuselage and control surfaces of the empennage
were not modeled. Based on an analysis of aerodynamic force
data, these simplifications cause no significant degradation to
the overall aircraft performance parameters (CL, CD). Unfor-
tunately, these alterations could prevent a detailed compari-
son of data and numerical results at isolated regions of
interest. The only improvement to the aircraft surface defini-
tion over the earlier study focused on increasing resolution of
the wing leading edge. This grid augmentation attempted to
better resolve the leading-edge suction of the wing. This
suction peak was the only noticeable disparity between data
and calculation in the previous investigation.2 Since the
present study made no attempt to simulate flight with sideslip,
it only considered a half configuration divided by the plane of
symmetry.

The computed flow conditions are defined by a freestream
Mach number of 0.85- and 16.04-deg angle of attack and a
characteristic Reynolds number, based on aircraft body
length, of 12.75 million. The numerical simulation duplicated
wind tunnel test conditions of Ref. 23 with an unperturbed
freestream temperature of 473.8°R and pressure of 700 psf.
The experimental data base includes selected static pressure
distributions on the fuselage, wing, and empennage, as well as
integrated results for lift and drag coefficients.

The basic H-H grid topology for the F-16A simulation was
established by Karman, Steinbrenner, and Kisielewski in their
effort to obtain an Euler solution.24 The complex aircraft
geometry compelled the adoption of a zonal grid construc-
tion, defining the complete configuration with 20 grid blocks.
The majority of these blocks were concentrated around the
inlet and the empennage. Individual grid blocks describing
specific local features of the configuration were then merged
into a single global block. This single global structure com-
pletely eliminates artificial zonal boundaries, and their associ-
ated numerical errors, from the computation. Unifying the
grid blocks in pre-processing also avoids repetitive flux calcu-
lations across the artificial internal boundaries. At the zone
interfaces, all parametric lines were aligned and smoothed by
a Poisson-averaging process so that all coordinates were
continuous at least to the first derivative. The same process
was also used to cluster and enhance the orthogonality of the
grid system adjacent to the body surface.

Boundary Conditions
In the simulated transonic flowfield, the incoming and

outgoing flow boundaries were placed at 1.79 and 1.82 air-
craft lengths upstream and downstream from the aircraft
apex, respectively. In the vertical direction, the computational
domain spanned 11.56 wing root chords. In the lateral space,
the outer boundary was placed at 5.56 half spans from the
plane of symmetry.

The boundary conditions on the aircraft surface were
straightforward. The no-slip condition was imposed on all
three velocity components. The constant surface temperature
of 543 °R and the isobaric condition normal to the surface
determined the values of density and the internal energy.

On the plane of symmetry, numerical boundary conditions
stipulated vanishing gradients and zero velocity component
normal to the plane. The latter reflected the fact that the
plane of symmetry must coincide with a stream surface.

The propulsion system required the specification of
boundary conditions at the engine inlet and nozzle exit. Since
the modeling neglected all details of the propulsive system, the
simplest possible boundary conditions for the flow-through
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arrangement of the wind tunnel test2'23 were simulated by a
no-change approximation at the inlet. At the nozzle exit a
parabolic velocity distribution was specified.

The implementation of far-field boundary conditions for
transonic flows is constrained by our limited knowledge of the
rank and number of negative eigenvalues of the coefficient
matrix of the Navier-Stokes equations.6'25 This difficulty was
further compounded by the relatively close placement of the
computational domain to the simulated aircraft. Thus, the
well-known one-dimensional inviscid approximation should
be implemented to minimize any non-physical reflections of
disturbances from the boundaries.26'27 This work stipulates
that the boundary conditions will be over specified if all
velocity components, density, and pressure are given simulta-
neously. In the present analysis, the velocity and the density
were prescribed by the unperturbed freestream value and the
pressure was allowed to adjust itself according to the local
conditions. The alleviation of spuriously reflecting wave sys-
tems within the computational space was almost immediate.
This observation ensured that the imposed far-field boundary
conditions were well posed and physically meaningful.
Numerical Procedure

The entire flowfield around the F-16A configuration was
solved on two grid systems. The coarse initial grid consisted
of 82 x 57 x 41 nodes in streamwise, vertical, and spanwise
directions, respectively. The sole purpose of the coarse-grid
computation was to provide a good initial condition for the
calculation on the finer mesh. For the coarse-grid solution, the
convergence criteria was not enforced. Past experience dic-
tates that the numerical resolution of the coarse-grid result is
insufficient to provide reliable engineering data.1'2 There-
fore, information for the dependence of solution accuracy on
grid density was not recorded. The actual numerical simula-
tion was processed on a mesh containing just over 1.4 million
nodes. In the streamwise direction, 158 grid planes were used
from the apex of the F-16A to the outflow boundary with 135
nodes on the fuselage of the aircraft. However, the total
number of nodes between boundary surfaces in the stream-
wise direction was 199. The additional 41 points resulted from
a coordinate rotation, which places outboard nodes farther
upstream of the nose. Reference 2 gives a more detailed
description of the basic grid topology. A total of 112 planes
describe the vertical direction of the domain using 53 and 59
coordinate surfaces in the leeward and windward space, re-
spectively. Outward along the span, 81 points were used
between the plane of symmetry and the outer boundary
surface. The upper and the lower fuselage surfaces were
defined by 41 spanwise nodes. In spite of the seemingly large
number of the grid points used, the local grid density re-
mained relatively sparse in some locations. For example, the
entire wing was resolved with 37 streamwise stations and the
half span contained only 21 planes. This is certainly quite
coarse in comparison with typical grid densities over wings.6

In the present analysis, the viscous-dominated region in-
cluded roughly 325,000 nodes, or about 23% of the total grid
points. The grid spacing normal to body surface maintained a
value of y+ of between 2 and 3 near the trailing edge of the
wing. A uniform step size immediately adjacent to the body
was not enforceable, but even the forebody and wing leading
edge maintained a y + value of less than 10. Since the present
investigation sought only the steady-state asymptote, numeri-
cal convergence was accelerated by means of a local time step
scheme. This procedure was used exclusively after a short
initial transient phase of evolution.

The data processing rate for the coarse-mesh and the
fine-mesh calculation achieved 3.06 and 3.38 x 10~5 s per
iteration per grid point, respectively, on a single processor of
a Cray 2 computer. The CPU time required to sweep the
entire flowfield for the fine-mesh computation was 48.5 s. For
a complex flowfield containing separated flow regions, vor-
tices, jet stream and wake, a single criterion for numerical
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Fig. 2 Computed pressure distribution on F-16A at Mach 0.85 and
16.04-deg angle of attack.

convergence is inadequate. This observation led to the moni-
toring of both global and local flow quantities. The primary
numerical convergence criterion watched the evolution of the
lift coefficient, and the solution was considered to have
reached a steady state when the lift coefficient changed less
than one-tenth of 1% after 1000 iterations. To ensure that the
final solution had indeed reached its steady asymptote, se-
lected pressure distributions and shear-layer velocity profiles
on the wing surface were also monitored.

On the coarse grid, 19,000 iterations were performed for a
total of 31 single processor CPU h (the code was run on one
CPU). On the fine grid, 21,000 iterations were performed for
a total of 254 single processor CPU h. Out of this total,
approximately 10 h were used for trial and error resulting in
275 total CPU h for the project. Estimated time for an
implicit code to solve the same problem is between 80 and
100 CPU h.

Discussion of Results
The numerical results are presented in three major sections.

After first comparing computed results with detailed pressure
measurements at a variety of locations, focus shifts to a
discussion of the global aerodynamic parameters. Then, after
establishing the accuracy of the simulation, the discussion
highlights some physical features of the flowfield.
Specific Comparison with Data

Figure 2 depicts the computed pressure contours on the
leeward surface of the F-16A. This figure serves not only as
an illustration of the general features of the numerical simula-
tion but also as an outline for subsequent detailed compari-
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sons. Downstream of the aircraft apex, the expansion around
the forebody and the ensuing compression to align the flow
with the plane of symmetry creates a nearly isobaric leeward
surface. The vortex-induced pressure trough14'18 expected at
the leading edge of the strake cannot be identified in either the
experiment or the calculation. However, both the streamwise
compression and expansion of flow as it negotiates the canopy
are easily detectable. As expected, the most severe pressure
variations appear on the wing and the horizontal tail surface.
The upwash induced rapid expansions concentrate along the
leading edge of these lifting surfaces. Downstream of the
leading edges, the pressure level on both surfaces increases,
either by an embedded shock wave system or by a gradual
compression process, toward the trailing edges.

The aerodynamic interference of lifting surfaces and fuse-
lage exerts a strong influence on the pressure distributions in
the region of wing-body and empennage junctions. The pres-
sure contours also exhibit a strong outboard tip effect. Intri-
cate aerodynamic phenomena like these are too complex to be
described by the pressure field alone.

The circumferential surface pressure distribution at 0.13
aircraft length from the apex is presented in Fig. 3 (station 1
in Fig. 1). The ordinate of the graph represents the normal-
ized arc length tracing the cross section of the fuselage. This
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Fig. 3 Comparison of computed pressure distribution with that of Ref.
23 at fuselage station 1.

1.5
1.0

Fig. 4 Comparison of computed pressure distribution with that of Ref.
23 at fuselage station 2.
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distance is measured from the windward to leeward plane of
symmetry. Since no grid surface intersects the fuselage at the
data collecting station, results were linearly interpolated from
adjacent gridlines to the location of the pressure taps. The
agreement between data and calculation is excellent, and the
only disparity appears at the midpoint of the fuselage cross
section. To insure smoothly varying metrics near the aircraft
surface, some smoothing of the body was necessary. In areas
where the top and bottom of the body meet, this smoothing
resulted in a very small chine, which causes the oscillation at
approximately 5 = 0.45. Nevertheless, the numerical result
accurately predicts the pressure difference at the symmetry
plane.

In Fig. 4, the pressure coefficient of the forebody at a
distance of 0.23 aircraft length from the apex is given (station
2 in Fig. 1). At this streamwise location, the canopy and the
forebody strake begin to emerge from the fuselage. Here, the
flowfield undergoes a rapid adjustment as it compresses at the
front of the canopy. At this station the simulation predicts the
peripheral pressure jump across the sharp strake to within the
scatter band of the test data.

Figure 5 depicts the pressure coefficient over the most
complex cross section of the aircraft. This plane contains the
trailing portion of the canopy, the strake, and the diverter
connecting the fuselage and propulsion duct (see the sketch of
station 3 inset with the plot). The measurements an4 the
numerical results compare very well with the maximum devia-
tion remaining below 5%. The numerical result predicts cor-
rectly the expansion from the windward plane to the
mid-section of the duct and a compression ahead of the
domain bounded by the duct, the diverter and the strake.
Within the confined domain (0.3 < S < 0.6) just beneath the
strake, the pressure distribution is nearly constant. Following
the surface coordinates S a rapid expansion of flow around
the leading edge of strake yields a huge pressure difference
across the leeward and the windward surfaces. On the leeward
surface, a continuous compression process extends from the
tip of the strake to the top of the canopy. The pressure
coefficient distribution indicates that the fuselage/strake com-
bination will make a significant contribution to overall air-
craft lift.

Figure 6 represents the wing root pressure distribution
along the chord. At a positive angle of attack, the wing root
is completely immersed within the strake vortex and a com-
plex inviscid-viscous interaction takes place. Such complex
physical features make any shortcoming of numerical simula-
tion especially apparent. As expected, the data and the com-
putation disagree most severely over the leeward surface. The
largest deviations between the data and calculation occur at
the leading edge and the midchord of the wing. The maximum
difference is about 17%. In spite of the seemingly random
discrepancy between the data and the calculations, two iso-
lated sources produce the lack of accord at the leading and
the trailing edges.

At the leading edge, lack of resolution forces the numerical
result to overpredict the extent of the separated region making
it unable to capture the leading-edge suction peak. In a tran-

-1.5-j

-1.0-

-0.5-

°-°-

0.5-

1.0-

1.5

A

————— Calculation

A A A Experiment

0.0 0.2

Fig. 5 Comparison of computed pressure distribution with that of Ref.
23 at fuselage station 3.
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sonic flow, a slight difference in Mach number distribution
about the leading edge may lead to a different mechanism
shaping the flow structure downstream. Under close examina-
tion, the numerical result follows the trend of data and the
physics until seven-tenths chord but over an inaccurate length
scale. Most of the numerical errors in this area are induced by
the poor prediction of the flow at the leading edge. Efforts to
improve the numerical resolution and the leading-edge defini-
tion of the wing have been attempted but obviously remain
insufficient. The H-H grid structure compounds the resolution
problem by inhibiting the grid's ability to correctly describe
the nose radii of the leading edge. The influence of the
turbulence model on the prediction is much less certain. This
modeled turbulent behavior is surely non-physical near the
separation bubble on the leading edge.

The disparity between data and calculation at the trailing
edge of the wing is incurred by rounding the sharp edges of
the fuselage/wing juncture. The upwash over the rounded
edges produces a weaker expansion from the trailing edge
toward upstream than recorded in the experiment. The wind-
ward surface of the wing root is exposed to a relatively
undisturbed oncoming stream. The numerical resolution re-
quired to describe the physics is much less demanding than in
the leeward region. Therefore, the pressure coefficient over the
windward surface remains in nearly perfect agreement with
the data.
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Fig. 7 Comparison of computed pressure distribution with that of Ref.
23 at six-tenths span on the main wing.
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Fig. 8 Comparison of computed pressure distibution over the horizon-
tal stabilizer with that of Ref. 23 at one-third span.
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Fig. 9 Comparison of computed pressure distribution over the vertical
stabilizer with that of Ref. 23 at half span.

Table 1 Comparison of aerodynamic force coefficients with
data of Ref. 23

Data Calculation Discrepancy, %

1.190
0.324

1.188
0.352

-0.2
+ 8.6

Figure 7 describes the pressure coefficients on the wing at
six-tenths span. Again, the numerical result overpredicts the
leeward surface pressure, and the difference between results
diminishes as the flow proceeds downstream. At the leeward
trailing region, numerical results follow the trend of data but
exhibit a more pronounced variation due to the local expan^
sion. The maximum deviation between data and calculation
again occurs at the leading edge with a magnitude of less than
16%. The source of this numerical deficiency is clearly dis-
played by the overcompression at the leading edge. In this
region, the flow expands over the leading edge and undergoes
a compression in an extremely short distance. This large
disturbance could initiate boundary layer transition, which is
beyond our current capability to model with confidence.
However, this observed discrepancy is still believed to be
induced by the deficiency in numerical definition of the lead-
ing edge. The excellent agreement of the windward pressure
distribution with data supports this assertion. Since the stag-
nation point is located downstream of the leading edge and
on the windward surface, only a monotbnic expansion persists
from leading to trailing edge. The numerical result correctly
duplicates the measured pressure distribution on the wind-
ward surface of the wing.

Figure 8 compares surface pressure from the experiment
and calculation on the horizontal stabilizer at one-third span.
The basic flow structure is similar to that of the wing and the
general behavior of numerical solutions should likewise be
analogous. Given this, one might expect perfect agreement
between the data and the numerical results on the windward
surface, and a maximum deviation of 14% over the lee side
surface. However, the leading-edge compression is now under-
predicted and leads to a slightly more vigorous sequence of
compression-expansion events starting around midchord and
proceeding downstream. Again, the departure from data at
the leading edge results from insufficient numerical resolution.
The small difference around the midchord is a few percent.

The last surface pressure comparison examines the vertical
stabilizer. The data and calculations around half span are
depicted in Fig. 9. At this angle of attack with no sideslip, the
flow over the vertical stabilizer roughly compares to a swept
back wing with no incidence. In spite of the fact that the
control surface is partially immersed in the wake of the
fuselage and wing, the effects of shear-layer interaction are
rather limited. On this control device, the surface pressure
varies mildly around the freestream value with deviations of
only a few percent.

In summary, comparison of computed pressure with data
demonstrate that the numerical results duplicated all primary
features of the wind tunnel data. At this moderate angle of
attack, nearly all major discrepancies between data and
present results emanate from the upwash around leading
edges of the lifting surfaces. Several probable sources of
numerical errors can be easily identified, but the poor leading-
edge definition afforded by the single-block H-H topology is
believed to be most critical. In future analyses, the numerical
resolution issue must be addressed before any other consider-
ations.
Aerodynamic Coefficients

Table 1 summarizes the integrated aerodynamic parameters
CL and CD from the measurement23 and the present numerical
simulation. The excellent agreement between data and the
computed lift coefficient suggests an internal cancellation of
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Fig. 10 Pilot pressure contours in selected streamwise planes showing
the development of the strake and wing tip vortices.

Fig. 11 Simulated oil flow patterns showing surface shear stress
distribution.

errors in the surface integration process. Based on the detailed
comparison of pressure distributions on lifting surfaces,
known discrepancies could lead to a difference of about 7%.
As a point of reference, the earlier simulation2 of the same
aircraft at a Mach number of 1.2- and 6-deg angle of attack
produced a difference of 5.0 and 5.6% in lift and drag
coefficient from data,23 respectively. One may conclude that
the global aerodynamic parameters from the present analysis
remain consistently credible. A breakdown of the aero-
dynamic coefficients showed that the fuselage/strake con-
tributed 54% of the lift and 58% of the drag, whereas the
wing contributed 42% of the lift and 38% of the drag. As
reference, the earlier supersonic simulation2 showed that the

Fig. 12 Pitot pressure contours in a streamwise plane cut across the
main wing and horizontal stabilizer at midspan.

fuselage/strake produced 48% of the lift and 62% of the drag
with the wing producing 51% of the lift and 33% of the drag.
Flowfield Features

In Fig. 10, pitot pressure contours at a few selected stream-
wise stations present the vortical structure of the entire flow-
field. The orderly development of the strake vortex is clearly
discernible in this composite graph. This particular vortex
system remains intact despite strong interactions with struc-
tures emanating from the wing and the vertical stabilizer. At
this angle of attack, the vortex originating from the forebody
gains strength as it proceeds over the canopy to finally merge
with the strake vortex as it proceeds downstream. A sec-
ondary vortical structure on the fuselage can also be identified
downstream of the wing-body juncture. Both horseshoe vor-
tices generated by the tip of wing and the horizontal stabilizer
remain separate entities in the wake. The wing-tip horseshoe
vortex has been transported over a long distance to reach the
display plane, and it is displaced farther away from the axis of
the aircraft by the upwash.

The simulated surface oil pattern of Fig. 11 shows the
footprint of these vortical structures. This surface shear pat-
tern is generated by tracing the velocity components parallel
and immediately adjacent to the aircraft contour. Unfortu-
nately, there is no corresponding surface oil film record from
the comparing data base to verify the present result.23 How-
ever, available test results with a different wing configuration
suggest that these results exhibit only qualitative affinity. On
the lee surface, the attachment line of the strake vortex can be
easily identified on the forebody. The weaker vortex from the
forebody, however, leaves no clearly recognizable footprint.

Figure 12 contains pitot pressure contours in a plane cut
across the wing and the horizontal stabilizer at the midspan.
The highly dissipative portion of the wing wake is carried well
above the horizontal stabilizer by the upwash, thus minimiz-
ing interference effects. As noted in the discussion of Fig. 8,
the computation overpredicted the compression on the top
surface of the wing and underpredicted that on the top
surface of the horizontal stabilizer. One may conclude from
this new evidence that the trends are not the same because of
the wake-induced incidence angle and the anhedral of the
horizontal stabilizer.

Concluding Remarks
A numerical simulation of the F-16A configuration has

been accomplished at a freestream Mach number of 0.85, a
Reynolds number of 12.75 million, and an angle of attack of
16.04deg. Close comparison of surface pressure distributions
with wind tunnel data produced reasonable results, and the
aircraft lift coefficient matched existing data to within experi-
mental tolerances. Although most essential physical features
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of the flowfield have been reproduced, localized disparities
from data are significant on the leeward surface and lead to
an 8% overprediction of the drag coefficient. The most seri-
ous numerical errors remain concentrated near the leading
edge of the lifting surfaces.

The present investigation restresses the basic issues of geo-
metric resolution and numerical efficiency. Moreover, it
points out the necessity of choosing an appropriate grid
topology for calculation of flows at high angle of attack. Since
leading-edge separation scales with the leading-edge radius,
the correct simulation of features downstream demand resolu-
tion of this geometry.
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